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1.0 INTRO)DUCTION

The ever present demand for superior maneuverability of
combat aircraft is pushing the operating range of these air-
craft deeper and deeper into the high angle-of-attack regime.
For effective design of these vehicles, techniques are re-
quired that are capable of predicting their performance and
behavior at large angles of attack. Such predictions have not
been successful in the past because the flow field is domi-

3 nated by zones of separated and vortical flows which lead to p
highly non-linear aerodynamic characteristics. Vortices
generated by the fuselage or engine nacelles may have signifi-
cant contributions to these non-linear effects but the primary
influences are normally associated with separations and vor-
tical flows from wing surfaces. Therefore, as a start towards
predicting the performance and behavior of combat aircraft at
igh angles of attack, a research program was undertaken whose

objective is to predict aerodynamic characteristics of fighter
wings using modeling techniques for extensive separation
regions and edge vortices. The present report describes the
approach used in the study and the development of analytical
and modeling techniques, with emphasis placed on practical p
solutions. Results are presented from applications of the
techniques to a number of basic test cases.

An interim report (1) described the development of a pre-
liminary procedure for calculating separated flow charac-
teristics on wings. The initial work started with an existing p
viscous/inviscid interaction program (2), (3). This was based
on a potential flow panel method coupled with integral
boundary layer routines. The basic program (3) had been
developed specifically for treating high-lift wings up to the
condition of separation onset and included an iterative
routine for calculating the wake location. The new work
extended the program to model separated flows using a strip-
wise technique in which free vortex sheets were used to en-
close the separated flow. This model had already proven
successful in the two-dimensional case (5). The prime objec-
tives of that first phase were to establish the overall pro-
gram structure for the complex iteration cycles--involving
wake-shape calculations, viscous/potential flow interaction
and moving separation lines--and to validate this initial
approach to separated flow modeling in three dimensions as
expediently as possible.

The aim of later phases of the work, the subject of the
present report, was to remove the simplifying parts of the
Phase I approach and to form within the program structure a
more general model for the overall objective to treat sepa-
rated flows on fighter wings. This includes the presence of
strake, leading-edge and tip-edge vortices. In order to

1
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achieve these objectives, a more general panel method--which
was under development under a separate project--was substi-tuted for the preliminary code. The new program became
VSAERO, for Vortex Separation AEROdynamics. The basic method
is described in Reference 6.

The background work and the present approach to the sepa-
rated flow modeling are discussed in Section 2. The theoriesfor the various parts of the method are described in Section

* 3, while the related numerical procedure is outlined inSection 4. Example calculations and correlations with experi-
mental data are discussed in Section 5.

2S
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2.0 rmagnu~n

The flow field about a wing at high angle of attack is
dominated by regions of separated flow with strong vortical
flow structures. Experimental studies have established the
general nature of such flow fields for a wide range of wing
shapes. Figure 2.1 illustrates three basic forms. The simple
rectangular wing just beyond the stall has an inboard and an
outboard zone of separation, Figure 2.1(a), (e.g., (7), and,

I depending on leading-edge contour and Reynolds number, a pos-
sible laminar bubble separation zone near the leading edge.
The middle part of the inboard zone has an essentially two-
dimensional character which could be treated with a stripwise
model; however, the outer part of that zone leads to a strong
three-dimensional vortical flow structure possibly connected
downstream and across the wing centerline in a loop vortex
(e.g., (7)). A corresponding lower-surface loop vortex of
opposite sign would coexist with this. The loop vortex system
is a time-averaged model as the real flow is basically un-
steady (7). The outboard separated flow zone results from
flow passing around the tip edge and separating (Section 5.2)
in a strong adverse pressure gradient. This separation forms
into the tip vortex structure above the surface and upstream
of the trailing edge.

With increasing sweep, the extent of inboard trailing-edge
separation tends to decrease, Figure 2.1(b) (e.g., see Section
5.2); however, this tendency would be influenced by wing-body
junction effects on a complete aircraft configuration.

At high sweep and at higher angles of attack, separation
occurs at the leading-edge (depending also on leading-edge
radius of curvature and Reynolds number) giving rise to

I leading-edge vortices. These not only result in additional
lift due to local suction under the vortex cores, but they can
interact favorably with the wing boundary layer to reduce the
tendency for trailing-edge type separation. These character-
istics have lead to the concept of kinked leading edges or
sharp-edged strakes to purposely generate vortices at high
angles of attack. The flow about a complete fighter wing,
therefore, may have a mixture of strake vortices, leading-edge
vortices and tip-edge vortices with possible intermediate
zones of separation at the higher angles, Figure 2.1(c). Such
multiple vortex configurations have been studied experimental-
ly by, among others, White (8) and Hummel (9).

On a complete aircraft configuration other vortices may be
present also, e.g., from a canard surface. The nature of the
interaction between the wing surface and these "free* vortices
is related to the strake-vortex interaction with the wing
downstream from the leading-edge kink, and is an important

3
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(a) UNSWEPT WING

* 0,

- (b)SWEPT WING

(c) CRANKED WING

Figure 2.1. Three Forms of Separated Flow on Wings.
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ingredient in the calculation procedure, see Section 5.3.
Beyond this, the nature of the real flow field can be further
complicated by secondary vortices, shock-induced separations
and also vortex breakdown, but these are beyond the scope of
the present study.

The three examples of separated flow shown in Figure 2.1
form a natural progression in order of complexity for a study
of theoretical modeling. Strictly, the theoretical treatment

1 of these flow problems requires the full Navier-Stokes equa-
tions; however, practical solutions of these equations speci-
fically for the complex geometry of actual configurations is
still some time away (although some progress has been made
with solutions of the Reynolds-averaged equations with turbu-
lence modeling). In the meantime, simplifications of the
flow-field model can be used in forming a practical approach
to the problem for engineering purposes. For most flows of
interest, the regions where viscosity has a significant effect
are largely confined to thin shear layers, e.g., surface
boundary layers and free shear layers. These shear layers
have a displacement effect which can be modeled using source
singularities and a tangential velocity discontinuity which is p
modeled by vortex or doublet singularities. The free shear
layers cannot support a force and so the vorticity component
normal to the local mean flow direction in the layer must be
convected with the fluid. In the time-averaged sense, we
assume that these "passing' normal vorticity components are
constant at a particular location in the body-fixed coordi-
nates. For a zero-force condition, the local static pressure
is continuous through the free shear layer and so the jump in
tangential velocity across the layer implies a jump in total
pressure (Section 3.1) across the vortex sheet. The free edge
of a vortex sheet rolls up into a vortex core which can be

U modeled using a potential vortex with a core model, e.g., a p
Rankine core or a viscous core superimposed to remove the
infinite potential core velocity.

The flow model, therefore, reduces to a solid boundary (in
this case, the wing surface) and a number of free vortex
sheets embedded in a potential flow. A practical approach to
solving this flow problem is to employ a surface singularity
panel method with free vortex sheet wakes. The basic unknowns
are the singularity strengths on the solid boundary and on the
free vortex sheets and also the location of the latter; i.e.,
the spatial location of the vortex sheets and the location of
the separation lines on the solid boundary . This is a highly
non-linear problem requiring a multiple iterative approach,
Figure 2.2. The inner iteration in the potential flow code
computes the force-free vortex sheet locations with fixed
separation lines. The outer iteration loop couples the poten-
tial flow and boundary layer modules. The latter computes the

5
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location of separation lines and also provides the boundary
layer displacement effect in the attached flow zones. This
displacement effect is modeled in the potential flow calcula-

* tion using the source transpiration model (Section 3.1).

The above procedure was assembled earlier in a two-dimen-
sional program, CLMAX (5). Now in wide usage, this simple
model--based primarily on vortex singularities, Figure 2.3,
has proven to be a very practical yet effective tool for

n. predicting aerodynamic characteristics over a wide range of
angle of attack (5), (10), and after seven years, it remains
superior to other separated flow models (10). Earlier disad-
vantages relating to compressibility effects have been removed
in a transonic flow version (11). Also, the model has been
applied in a multi-element program (12). More recently, it
has been extended to the case of dynamic separated flows (13)
using a time-stepping approach.

The vortex sheet model of the separated flow boundary
* (Figure 2.3) allows a direct calculation of velocities and

pressures inside the separated wake region as well as in the
external flow field. The singularity strengths, and, hence,
surface velocities and pressures, on wing panels inside the
separated zone are obtained as part of the basic solution and
so the model does n=t require the assumption that the pressure
is constant inside the separated zone. This is a definite
advantage over other approaches which must make this as-

U sumption, e.g., the source outflow model (14) and displacement
boundary models (15), (16) in order to obtain a complete
surface pressure distribution for integrated force and moment
information. In particular, the constant pressure assumption
is not valid for the fully three-dimensional separations in-
volving vortical flows. In this situation, the pressure at

£the wing surface can be quite different from the pressure at
the effective displacement boundary. The vortex sheet model
also offers a strong coupling (through the singularity influ-
ence coefficients) between the separation region boundary and
the boundary conditions on the wing surface (and on any other
surfaces present). This leads to good convergence character-
istics in the iterative solution routines and is a key factor
to successful applications on configurations with extensive
separation zones. For example, Figure 2.4(a) shows good
agreement between "CLMAX" calculated and experimental C - a
characteristics for a NACA 0012 in the a range 0 to 906. The
converged computed wake shape and pressure distribution at a =
900 are shown in Figures 2.4(b) and (c). Certainly, the
demonstrated wide angle-of-attack range of the vortex sheet
model is a prerequisite for the fighter wing objective;
methods without wake modeling or with weak viscous/inviscid
interaction capability (e.g., (17), (18) and (19)) would be

7
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B(a) COMPARISON.OF CALCULATED AND EXPERIMENTAL LIFT CHARACTERISTICS FOR
A NACA 0012 AIRFOIL, REYNOLDS NUMBER 6.0 x 106, MACH NUMBER 0.2

* CLMAX CALCULATION

• 'T: EXPERIMENT (FROM HOERNER, NACA TN 3361 etc.)

1.6

CALCULATED Cd - 1.15

1.4

' 1.2 - -_ _ . _ _ _

.2

0

CL L CALCULATED
0 N Cd 2.1

.8

949.6 -- - ,,_ ,

.2-

*0 10 20 30 40 50 60 70 80 90.
INCIDENCE (DEG)

Figure 2.4. Calculations on a NACA 0012 over a Large a~ Range.
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(b) CALCULATED WAKE SHAPE FOR A NACA 0012 AT 90* INCIDENCE .
AFTER 6 VISCOUS/POTENTIAL FLOW ITERATIONS 0

EACH WITH 3 WAKE SHAPE ITERATIONS

1.2

1.0

.8

19 .6 {

z

li .4 -1

.2-

A. 0

?.2 0 .2 .4 .6 .8 1.0 1.2

Figure 2.4. Continued.
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(c) CALCULATED PRESSURE DISTRIBUTION ON A NACA 0012 AT 90 INCIDENCE,

REYNOLDS NUMBER 6.0 x 106j MACH NUMBER 0.2

Figure 2.4. Concluded.
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expected to break down when the separated flow region became
extensive.

Thus, the vortex sheet model is the only logical choice for
development of a practical procedure for treating extensive
separated flows in three dimensions. The case for this model
is strengthened further when considering separated flow
modeling on multi-element wings and multi-component aircraft
configurations. Within the current practical approaches to
separated flow calculations, the vortex sheet model is the
only one in which the low wake velocities are represented,
e.g., see Figure 2.5 from the work of Young and Hoad (20),
albeit with a simple velocity profile (Section 3.1). Thus,
parts of the configuration immersed in the separated wake from
an upstream component would automatically experience a reduced
onset flow (Section 3.1). While this is not an immediate
concern for the fighter wing objective, it is an important
consideration in the choice of a suitable modeling technique
with future development potential for treating complete combat
aircraft configurations.

The vortex sheet separation model was extended to three
dimensions in an exploratory program using a stripwise model
approach (1). This method used surface singularity panels of
linear vorticity chordwise and constant vorticity spanwise.
The solution for each panel's vorticity value was obtained
from a set of simiultaneous linear equations satisfying the
external Neumann boundary condition at a central control point
on each panel. The wake sheets of constant vorticity rep-
resenting the free-shear layers enclosing the separated region
were forced to leave the surface at the panel edge nearest to
the calculated separation point on each strip. Because of
this, the separation line representation was not continuous,
Figure 2.6, and so vertical gaps occurred between the strips.
In the wake relaxation calculations, therefore, the wake lines
along strip edges were constrained to move vertically only,
otherwise roll-up would certainly occur at each strip edge.
In spite of these simplifications, the feasibility of the
approach was demonstrated and the complex structure for the
iterative cycles (now involving multiple strips) was estab-
lished. In any event, this simple stripwise model is applic-
able to essentially unswept wings (see also (21)), except in
the vortical flow zone (Figure 2.1). In order to model the
vortical flow regions a smoother representation of the separa-
tion line is desirable and the restrictions on the wake
relaxation calculation must be removed. •

Earlier calculations of the non-linear lift contribution
from edge vortices on small aspect ratio wings were success-
fully obtained using a discrete vortex model of the separated
zone (22), (23). The discrete vortex model has since been
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WAKE RELAXATION IN
VERTICAL PLANES ONLY

VERTICL GAP

DISCONTINUOUS
SEPARATION LINE
(FOLLOWS PANEL EDGES)

Figure 2.6. Basic Stripwise Separation Model from
Reference 1.
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*successfully employed over a wide range of lifting problems in
the so-called vortex-lattice method (see (24)). Although some
care is required in the treatment of leading-edge vortices,5there has been some success in both steady and unsteady solu-
tions (25), (26). While the discrete vortex model is essen-
tially a piecewise constant doublet sheet representation of
the vortex sheets, a higher-order doublet distribution (e.g.,
(27)) would be expected to provide a more suitable modeling of
the problem where the vortices pass close to surfaces. How-

m ever, such models are significantly more expensive to run and
numerical problems over convergence are still apparent, es-
pecially for more general planform shapes. Also, calculations
of vortex/surface interaction using various models indicated
that low-order techniques are adequate (28).

The above discussion of edge-vortex modeling concerns thin
sharp-edged wings modeled by a single singularity sheet. Cal-
culations of leading-edge vortices, from wings with thickness-
modeled with a surface singularity panel method--have been
less successful. One factor is certain; the calculation

r should be started with a reasonable approximation to the final
vortex structure. For this purpose a preliminary investiga-
tion into calculating vortex/surface interaction resulted in
an unsteady time-stepping program based on a surface singu-
larity panel method with a growing free-vortex sheet routine
(28). This was later applied to multiple cross-flow plane
calculations using the unsteady cross-flow plane analogy toI steady three-dimensional flow about slender configurations
(28), (29). The technique is similar to that of Marshall and
Deffenbaugh (30) for bodies of revolution except the present
basis of a panel method in the cross-flow plane allows treat-
ment of arbitrary shapes. In each of a series of cross-flow
planes, therefore, the surface of the cross-section shape ofI the actual configuration is panelled. The *growth" term of
this shape from plane to plane is included in the boundary
conditions and the development of the vortex system is com-
puted (28), (29). In the present work, this concept is
examined further (Section 5.4) with a view to incorporating
the unsteady cross-flow calculations as a preprocessor to the
fully three-dimensional calculations. The objective is to
generate a representative vortex structure for the initial
solution, thereby reducing the number of iterations required
in the large program and, hopefully, improving the convergence
characteristics.

16



The free-vortex sheet separation model and the leading-edge
vortex model are entirely compatible and promise a firm prac-
tical basis for treating fully three-dimensional separated
flows with embedded vortical flow structures. In the present
work, progressing from the preliminary stripwise model, it was
decided to pursue the further development of this technique
using the equivalent doublet sheet formulation and to adopt a
new singularity panel method developed under a separate study
(6). The new formulation is described in the next section.
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3.0 TH~BX

3.1 Potential Flow Method

In Figure 3.1.1 we have taken a streamwise cut through
the wing and its wake and, based on the earlier work (1), (4)
have formed an i 1iLe model using three closed regions:
the wing interior (A), the bubble, or wake region (W) and the
external region (E). The latter region is closed by an outer

U I boundary, S . We assume the existence of velocity potential
fields, AI'DW, (PE satisfying Laplace's equation throughout
the regions A, W and E, respectively. By applying Green's
third identity to each of these regions and combining the
resulting contributions the velocity potential, Dp, at a point
P situated within any of these regions can be written

EA r - E (E _ )dSEA

+iwff (E "A R)E V (r) -V V IPA EAE

S~EA

f (' OW) REl V(rv- E  _) VI))dSEw,

SEW

+4f(n - V dS4 Tr j~ W A-RW 4D I =W (OW A)j WA
SWA

47 fInf 4E r r. V 4) dsE O

s (3.1.1)

where SEA represents the surface of the common boundary
between regions E and A with unit surface normal nE directed
into region E (i.e., nA - -nE, etc.), and so on. The
quantity, r, is the distance between the element of surface,
dSEA, and the point P (Figure 3.1.1).
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Equation 3.1.1 is an extension of the two-region case given
by Lamb (31). In the present case we assume a uniform onset
flow with velocity potential t, ,. The contribution from the
last term in Eqn. 3.1.1 can then be evaluated assuming a very
large spherical surface centered on P.

Thus,

4 Jf E r r • VOE dS. =

S. (3.1.2)

where ¢. is the onset flow velocity potential evaluated at
P. P

If the point P lies n one of the surfaces, say on surface
SEt facing region E, then the local surface contribution
be bmes singular. However, a limiting process using a small
hemispherical distortion of the surface centered on P yields a
local contribution from the first term under the integral of

(¢E -A)p
2 (3.1.3)-

for a smooth surface. This is half the jump in potential
across the surface at point P. The surface integral over SEA
in Eqn. 3.1.1 would exclude point P in this case. A similar
treatment is performed if P lies on any of the surfaces,
noting that the first potential appearing in the expression
for Mp in Eqn. 3.1.3 is the one in the region to which point
P is Ofacing".

Each of the integral expressions in Eqn. 3.1.1 represents
the perturbation potential due to distributions of doublets

L. and sources over the respective boundaries. For example, the
first integral is the perturbation potential for a doublet
distribution of strength ODE - 4) on the boundary SEA and
with axes aE, plus the perturbation potential for a source
distribution of strength -AE * (VE - VcA).

Within each of the closed regions there exists an infinite -
number of doublet and source distributions on the boundary
surface which give the same flow solution within that region
but they produce different solutions in the other regions.
Thus a unique distribution of the doublets and sources is
obtained only when the boundary conditions are imposed on both
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sides of each boundary surface--or, alternatively, when one
singularity distribution is prescribed and the boundary condi-
tion is applied on one side of the boundary. In the latter ....
case, care must be exercised in the choice of the prescribed
singularity distributions, otherwise numerical problems can
appear which seriously affect the accuracy of the solution.

In the present case, the following boundary conditions are
applied.

(i) On the outside surface of the wing we control the
normal velocity component, i.e., the external Neumann boundary
condition. The wing surface is basically in two parts: the
boundary between regions E and A (i.e., the attached flow
zone) and the boundary between W and A (i.e., the separated
zone). In a practical case, each of these parts could be
further subdivided if there were multiple separated zones.

(a) In the attached flow zone, SEA, facing region E, we
set the normal velocity equal to the rate of growth of
boundary layer displacement

n • V E  = - /as(U e6*) (3.1.4)

i.e., the transpiration model for boundary layer dis-
placment effect. The right-hand side of this equation

K is usually set to zero for the initial solution and is
subsequently updated by boundary layer calculations
along computed external streamlines in an iterative
procedure.

(b) In the separated zone, SWA, facing region W, we set
the normal velocity to zero.

n 0W = 0 (3.1.5)

(ii) The details of the flow field inside the wing (region
A) are of no practical interest and so we can prescribe any
reasonable potential flow there. In earlier work the internal
flow was set to zero, i.e., (DA = constant. This is an inter-
nal Dirichlet boundary condition. For the basic case of
attached flow on a simple configuration this removes the
source term in Eqn. 3.1.1. This is by far the simplest and
most economical formulation (32), and with panels of constant
doublet distributions results in a lattice of surface quadri-
lateral vortices (e.g., paper No. 10 in Ref. 24). However, 9
some care must be exercised in panel matching were surfaces
come close together. A more benign singularity model results
when the internal flow is set equal to the uniform onset flow,
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A = (3.1.6)UA

i.e., zero perturbation exists inside the wing. This
condition was implied by Morino (33) when he applied Green's
theorem directly to the exterior flow field. It was used by
Johnson and Rubbert (34) and also by Bristow (35).

(iii) On the boundary, SEw , we are interested in the flow
field on both sides of the surface, i.e., the external and the
wake regions. The primary boundary condition here is that the
surface is essentially a force-free stream surface of the
flow. Some flow normal to the surface may be allowed in the
modeling of entrainment, i.e.,

V:E ve (3.1o7)

If we let ve be continuous across the boundary, then nE •
Ve and the source term, nE  (V¢E - V W) in the secon

integral in Eqn. 3.1.1 disappears, leaving only doublet singu-
larities on the wake boundary, SEW. Alternatively, we can
make ve discontinuous across SEW; this would require source
singularities as well as doublet singularities on surface
and would allow modeling of the displacement effect of he
free shear layer. For the present investigation, entrainment
will not be considered and so ve will be set to zero in Eqn.
3.1.7.

Whatever the modeling on the wake, the normal velocity
condition cannot be specified explicitly at the outset because
the location of the boundary is unknown. Rather, the Neumann
boundary condition must first be implied using an initially
prescribed wake and then satisfied indirectly in an iterative
procedure in which the boundary, SEW' is moved to coincide
with a computed mean streamline surface.

With the appropriate boundary condition applied in the
idealized model, the internal Dirichlet boundary condition,
Eqn. 3.1.6, is applied at points P on the inside surface of
the wing. Equation 3.1.1 becomes

1 +1 n. ( (U6 V))dS
0f O jE RE V 01 r D~ s L ~ A

SEA
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i1!W j1 idSW 24Ii ff -W 1 r r WA
SWA

U+ VF dSEW
4 fJJ W EE ~rI E

SEW

(3.1.8)
S

where E = 4E - 4 is the perturbation potential. The
integral over SEA and SWA excludes the point, P, when it lies
on that part of the boundary. The wake doublet distribution,
PW(:4E- IW ) is the jump in potential across the surface, SEW.
This distribution is related to the conditions of the doublet
and its gradient (i.e., i ) on the wing surface at the separa-
tion line as described below.

At the location of separation, i.e., where boundary SEW
meets boundary SEA, we assume that the total surface vor-
ticity vector normal to the local mean velocity is shed into
the free-shear layer. This is essentially a zero-load condi- P
tion at the beginning of the free shear layer. At the outset,
of course, neither the mean flow direction nor the vorticity
vector are known. The calculation is therefore started with
the assumption of stationary flow under the free shear layer
at separation--this is essentially the model used in the two-
dimensional model (4), i.e.,

ISEP aS
SEP

The derivative in the external flow is with respect to
distance, s, measured in the direction of the mean flow which
is initially assumed and thereafter should be updated in the
iteration cycle.

In previous work (1), (4) the initial value for SEP was
held constant along the free shear layers (i.e., constant S
doublet gradient). This simple assumption proved reasonable
at least for the influence of the free shear layers acting on
the wing, itself (e.g., Figure 2.5 from Young and Hoad (20))
and is a reasonable assumption for the initial solution.
However, it would be expected to break down in more general
multiple component cases because the computed velocity inside I
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the wake region remains very small (typically Vw/V_ < .1) for
the total extent of that wake model and that is not very
representative of the real flow. For the general case, there-5 fore, a more complete description of the wake vorticity dis-
tribution is required. However, in the three-dimensional
case, both the magnitude and direction of the wake vorticity

*vector is unknown at the outset.

Consider a local orthogonal coordinate system at a point on
* the boundary, SEW, Figure 3.1.2. Unit vectors L and M are

tangent to the boundary, with L being in the direction of the
local mean flow; n is normal to the boundary and is directed
into the external flow region (i.e., n J21 here). The
velocity vectors on either side of the sheet at his point are
ME' MW. the mean velocity, 2, which by definition is parallel
to L is, therefore,

= (= V (3.1.9)

The velocity shear across the boundary is

-E - ^ (3.1.10)

where I is the local vorticity vector.

From Eqn. 3.1.9 and 3.1.10 we can write

YE = V+ 6V/2

yw = - 6V/2 (3.1.11)

Next, apply the Bernoulli equation on the two sides of the
boundary. The wake surface cannot support a force and so the
static pressure must be continuous across this boundary, but,
because there is a discontinuity in tangential velocity across
the surface, then we anticipace a jump, AH, in total pressure.
Thus

PVE = PVw- AH

or H= hp(VW 2 - VE)

and using Eqn. 3.1.11 for ME and Mw
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AH -pV *6V

and using Eqns. 3.1.9 and 3.1.10, we can write

p- =V Y (3.1.12)

* 0

where m ( .x • m) is the vorticity component normal to the
local mean flow direction.

Equation 3.1.12 can be used to evaluate AH/P at points
along the separation line. After a doublet solution (based on
an initial prescribed wake) we can compute mean local velocity
vectors, L, on the boundary, SEW, and align wake lines in that
boundary to follow essentially mean streamlines on a segment
by segment basis. If we assume the value of the total pres-
sure jump remains constant along each of these lines (i.e.,
keepinq the value determined at the separation line for each
wake line) then we can compute the local transverse vorticity
component by rearranging Eqn. 3.1.12. Thus, at a point dis-
tance, s, along one of these wake lines (Figure 3.1.2)

(s) = - H
PV(s)

or Imi(s) = - VSEP mSEP ( s )  (3.1.13)
SEP

Finally, we can integrate along that line to evaluate the
doublet distribution, PW, starting with the separation value

/ S

w IS) = P WSEP f Ym(s) di

0

or, using Eqn. 3.1.13,

Sjw (S) = W SEP + V SYm SEPf -d

SPmSEP V(s) (3.1.14)

0
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The integral in Eqn. 3.1.14 essentially defines a weighting
function for the doublet distribution along that wake line on
surface, SEW, relative to the conditions at separation. This
provides a way to use the shape of the previous distribution
in the next solution. In the earlier work (1), (4), the
details of this distribution were not included and so the
doublet gradient (i.e.,y ) was held constant along the sheet.

3.2 Streamline Analysis

The calculation of streamlines and related flow variables
requires the construction of a potential distribution which is
continuous and differentiable throughout the body surface.
The direct evaluation of potential at every point on the body
surface is not always feasible because of the singular nature
of the kernel function near the panel boundaries. A numerical
procedure is, therefore, required to derive the flow variables
from the calculated value of the potential at the control
point of each panel.

In the literature, investigators generally regard the
method of splines as an adequate answer to many interpolation
problems. Cubic splines in one dimension are known to be an
effective means of numerical interpolation, differentiation
and integration. In the context of the present analysis,
however, they are not appropriate because the implied cubic
form of interpolation for the velocity potential forces a
spatial dependence of velocity components that can violate the
condition of zero curl. The velocity potential is known at
discrete points whose three positional coordinates in a Car-
tesian frame of reference can very quite arbitrarily. On a

5smooth surface which can be analytically expressed, the three
positional coordinates can be reduced to two coordinates by
means of the equation expressing the relationship of the
points on the surface. The same is not true for a general
aircraft configuration with surface discontinuity, slope dis-
continuity, kinks, corners and arbitrarily shaped fixtures.
The velocity potential must, therefore, be considered as a
function of three Cartesian coordinates and the assumed nature
of the interpolating must not introduce rotationality in the
flow. To elucidate the ideas regarding the development of an
appropriate interpolating function, the following discussion
is presented.

Let us assume that the surface streamlines of a three-
dimensional body entirely pass through the nearly planar
region of each panel. The path of each streamline on a panel
follows from the condition that the tangent to the streamline
is in the direction of the local velocity vector. Within a
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panel the equation describing the streamline originating from
a point can be obtained by integrating Eqn. (3.2.1) below
where ds is an infinitesmal incremental vector

= 0 (3.2.1)

along the streamline. When the spatial dependence of _V is
substituted in Eqn. (3.2.1), the geometrical relationship
between the positional coordinates of the points on a stream-

* line become known within a panel. For a local Cartesian
coordinate system in the plane of the panel, Eqn. (3.2.1)
reduces to Eqn. (3.2.2) where Vx and Vy are components of
velocity in the plane of the panel.

f f (Vxdy - Vydx) (3.2.2)

The third component of velocity normal to the plane of the
panel does not appear in the above equation because it is
assumed that the streamlines are attached. The conditions for
the integrability of Eqn. (3.2.2) become satisfied if the
divergence of the in-plane velocity vector equals zero. This
would imply that the velocity potential within the region of a
panel must satisfy the Laplace equation in the two dimensions

£ of the planar panel. Since the velocity potential already
satisfies the Laplace equation in three dimensions as required
by the assumption of potential flow, the present requirement
causes the second derivative of the velocity potential with
respect to the normal coordinate to go to zero. The latter
result is non-physical because the rate of change of the5velocity component normal to the body surface in the direction
of the normal depends on the local body curvature and is
certainly not zero in general. However, having assumed the
curvature of the panel to be equal to zero, i.e., a flat
panel, it is no wonder that any potential distribution on it
cannot predict the second normal derivative of the potential.
The inability to calculate the second normal derivative of
potential is, therefore, not an unacceptable limitation.

To further clarify the point, take the familiar example of
a space curve discretized by N straight-line segments. Each
straight-line segment has zero curvature (i.e., an infinite
radius of curvature); but that does not invalidate the
straight-line approximation although it results in zero curva-
ture locally everywhere. Moreover, the true curvature can be
computed to any desired degree of accuracy by including a suf-
ficiently large number of straight segments. In the limit of
N tending to infinity the flat regions tend to zero enabling
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the recovery of correct behavior on the physical body. Even
with finite N, the global properties can be well approximated
by an ensemble of piecewise flat regions which individually do

Snot reflect all the global properties.

The basic problem is the construction of an interpolation
polynomial which assumes prescribed values at four arbitrarily
placed by non-colinear points. In general, the distribution
will depend on the assumed form of the interpolating function.
An idea of the appropriate form of the interpolating function
can be inferred by assuming the velocity potential in the
plane of the panel to be harmonic. It is known from the
potential theory that the problem of determining the potential
within a planar region is well posed when the potential is
specified all along the perimeter of the region. In the
present problem, since the value of the potential is known
only at the four corner points, as assumption is necessary as
to the variation of potential between the corner points.
Assuming linear variation in potential between corner points,
we have a well-posed problem in potential theory with con-
tinuity of potential in the linear region common to two sub-
domains. Even with such simplifying assumptions, the problem
of determining the potential distribution for a general quad-
rilateral region is a very difficult one because of the
presence of corners (i.e., kinks) in the boundary. There is,
however, an explicit polynomial construction scheme which
directly provides the correct distribution.

3.2.1 Construction of the Interpolation Function

Let €1, 02, 03 and 44 be the velocity potentials at four
points with the positional coordinates in the tangent plane to
the body surface denoted by (xl,yl), (U2 ,y2 ), (xy 3) and (x4 ,
Y4) as shown in Figure 3.2.1. It can now be verified by
direction substitution that the following interpolating func-
tion for 0 assumes prescribed values at the specified loca-
tions and is harmonic with second-order terms.

S=02 + (x - x2 )BI + (y - Y2 - ml(x - 2))B2

+ [((Y - Y2) - m2 (x - x2))

((y - Y4 )m2 + (x - x4 ))]B 3  (3.2.3)
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where

B -4 -2

1 =x 4  x 2

(3.2.4)

B- (03 - 02 - B1 (x 3 - x 2 ))
2 (Y3 - Y2 - m(x 3 - x2 ))

(3.2.5)

B ("l 2 - BllXl - x 2 ) B2(yl Y2 ))B3  Yl - -2m 2 (xl - x2 ))((Yl - Y4 )m2 + x- Y4 )

(3.2.6)

O

Y4 Y2
m 4 - 2

*(3.2.7)

Y3 -Y2- 2  x3 - x 2
(3.2.8) 0

t= y -Y2 - m2 (x -X 2) (3.2.9)

t = (y -Y4m2 + x - (3.2.10)
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The first three terms of the function in Eq. (3.2.3) are
straightforward, being simply obtained from the requirement
that 0 assume the specified values at points 2, 3 and 4 with a
linear dependence on x and y. The structure of the fourth
term is very important because it serves to satisfy the fol-
lowing three objectives. It

1. yields the specified values of € for x = x and y = y ; 0

2. determines the second-order terms in the interpolation
function; and

3. ensures the zero divergence of the velocity components
in the tangent plane to body surface (x-y plane) which
facilitates the integration of the streamline equation.
necessary condition for locally tangential attached
streamlines.

Further, the fourth term implies that on two mutually 0
orthogonal directions represented by t, and t2 , the variation
of € becomes linear.

When the four corner points are the corners of a rectangle,
the equations (3.2.8) through (3.2.10) become

M2 = -tan 450 = -l

tl = Y + x - Y2 + X2

t2 = x - y - x4 + y 4

The directions implied by t, and t2 are the two sides of the
rectangle, respectively, and the potential distribution
(3.2.3) reduces to

S o + aIt I + a2t2 + a3t1t2

where a's are known functions.

For f ixed t or t2 , the variation of the potential is
linear in t anA t , respectively. Thus the solution given in
Eqn. (3.2.3) is an exact solution for the problem of finding
the potential distribution inside a rectangle when the varia-
tion of potential along the perimeter is assumed to be linear.
By invoking the property of harmonic potentials, it may be
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categorically asserted that there is a one and only solution
to a well-posed problem (well-posedness arises from the

* assumption of linear variation along the boundary) and the
solution found being "a solution" must be "the solution".

For a general quadrilateral figure, the solution given in
Eqn. (3.2.3) amounts to an exact solution of the two-dimen-
sional Laplace equation for a rectangular region whose sides
are parallel and perpendicular to side 2-3 (of Figure 3.2.1)

* with the connector of points 2 and 4 as diagonal. The choice S
of side 2-3 as one of the orthogonal directions along which
linear variation of potential is assumed raises the question
of whether or not uniqueness is marred by this particular
selection. The answer is that the assumed interpolation
function will ordinarily depend on the choice of side for
defining m2 except in the special case when specified values S
of the velocity potential satisfy a certain compatibility
relation. When the prescribed values of the velocity poten-
tial represent a velocity field which yields the same value
for the velocity vector at the inner center of the region of

U: interpolation regardless of the direction from which the inner -

center is approached, the apparent arbitrariness in the choice P
of m2 does not produce a non-unique solution.

The interpolating function is guaranteed to lead to inter-
polated values inside the perimeter of four points which lie
between the maximum and minimum values of the specified valuesI because harmonic functions attain their extremum only on the p
peripheral region. Some care is needed to handle special
cases when some of the divisors may become zero, but the
effort required is no more than a reordering of the equations.
The second-order terms will vanish if two of the four points
become coincident because the information available will be

* insufficient to allow such representation. Colinearity of all P
the points will again degenerate the scheme by lowering the
dimensionality of the original problem. In practice, however,
the integrity of the scheme has been found to remain intact
for a set of four points at the corners of a rectangle with an
aspect ratio of 10,000.

The availability of an analytical potential distribution
throughout the network of four points on a body surface great-
ly facilitates the flow analysis procedure. Tangential
velocity components are simply the derivatives of 4 in terms
of x and y. While the function is differentiable everywhere,
the accuracy of the calculated derivatives deteriorates as the
sides of prescribed points are approached. This is to be
expected because along the sides the prescribed values do not
contain sufficient information to form the derivative normal
to the sides. It is, therefore, best to form the derivatives
near the centroid of the four points and perform a second
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interpolation on the calculated velocity components to
evaluate the velocity components everywhere.

To calculate the streamline trajectory through the
neighborhood of the four given points it is helpful to form
the stream function, P, which follows from the potential
distribution of Eqn. (3.2.3). The detailed path of the
streamline through the four specified points is given by the
following second-order equation, where the coefficients, (a ),

* are known from the interpolating function for velocity
potential.

J=a 2 x - aly - 2a4xY + a3 2x
2 - Y2)/2 (3.2.11)

*

a 0 + al x + a 2 y + a3 xy + a4 (x 2 
- y2) (3.2.12)

£I

Two examples of calculated streamlines are presented here.
Figures 3.2.2 and 3.2.3 show the equatorial and polar views of
streamlines on a sphere, respectively, while the pressure
distribution along the streamlines is plotted against the
exact solution in Figure 3.2.4. Streamlines calculated on a p
swept wing configuration (sweep 300) are presented in Figures
3.2.5 through 3.2.7 for an angle of attack of 160. Stream-
lines were calculated close to the plane of symmetry and the
tip region to demonstrate their behavior near the plane of
symmetry and curved surfaces.
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3.3 Boundary Layer Methods

Currently two independent boundary layer methods are
available in VSAERO. The first is a streamline approach based
on the small cross-flow assumption with streamline conver-
gence/divergence effects included. The second is an infinite
swept wing approach which can be made fully three-dimensional
via iteration.

In the streamline method the laminar calculation is based
on Curle's method (36). Once transition or laminar separation
is detected (by a modified Granville approach), or boundary
layer tripping is prescribed, the turbulent boundary layer
development is determined by a modified Nash and Hicks method
(37). Separation on a given streamline is predicted when the
local skin friction coefficient reaches zero. The locus of
separation points on a series of streamlines forms the three-
dimensional separation line.

The three-dimensional wing is developed into a number of
streamwise strips. Three-dimensional velocities are used to
calculate individual streamlines over each of the strips, each
streamline beginning at the stagnation line. Streamline cur-
vature and divergence (convergence) distributions along the
streamlines are computed directly from the three-dimensional
velocity component and streamline information. Integral
methods are used to calculate the boundary layer development
along the streamlines. Calculations are begun at the stagna-
tion line using initial conditions based on a combined theore-
tical and experimental study. Theoretical predictions of the
stagnation line flow of an infinite yawed wing by Cumpsty and
Head (38) and Bradshaw (39) as well as others indicate that

U the boundary layer approaches an asymptotic state where fric-
tional forces are balanced by divergence of the flow from the
spanwise to the streamline direction. Cumpsty and Head found
that the stagnation line boundary layer integral parameters
(H, 0, and Cf) and the state2 (laminar or turbulent) correlate
with the parameter, C* = V /(v(dU/ds)). Cumpsty and Head (40)

,a. later experimentally verified their theoretical correlations,
and it is these correlations that are used to determine the
initial boundary layer characteristics on each strip of the
swept finite wing. If the wing is unswept, then conventional
two-dimensional correlations are used to start the boundary
layer calculations. Recently, McLean (41) has shown that at
least for a high aspect ratio wing, in this case specifically *
the BAC 727-200 wing, a fully three-dimensional calculation
and an infinite span calculation procedure gave identical
results for the attachment (stagnation) line flow. This
result, of course, cannot be generalized to the full wing
case, and it is expected that in the wing root or tip regions
or wherever one has close vortex/surface interactions, a full
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three-dimensional calculation should probably be utilized.
Unfortunately, the full three-dimensional approach such as
McLean's is very expensive of computer time. For example, as
quoted by McLean, using this coarsest grid network, each 0
surface of the 727-200 wing required 10 minutes of CDC 6600
CPU time. In comparison, an integral approach would require
approximately 30 seconds of CPU time. Assuming that 4 to 5
iterations are required to achieve a converged viscous/invis-
cid solution for a wing with separated flow, computation times
for the overall calculation become prohibitive. It should be
noted at this stage that while the boundary layer method
(Cumpsty and Head (42)) is formulated assuming infinite span,
the use of the actual three-dimensional velocity components,
streamline paths, streamline curvature and streamline diver-
gence (convergence) make the approach quasi-three-dimensional
in nature.

3.4 Estimation of Leading-edge Vortex Geometry

3.4.1 Introduction

Flow separations are certain to occur on highly swept
wings at moderate to high angles of attack. The separations
usually produce free vortex layers,. joined to the leading
edges of the wing, which roll up to form spiral-shaped vortex
sheets above the surface, a classical illustration being the
vortices over delta wings. These separations lead to impor- 5
tant non-linear lift characteristics because both the position
and strength of the vortex sheets vary with angle of attack.

The aerodynamic analysis of aircraft with leading-edge
vortices is best handled by panel methods such as VSAERO (32)
or the Free Vortex Sheet computer code (27). These programs
use an iterative procedure to determine the position of the
vortex sheets. If the initial structure of the leading-edge
vortices is unrealistic, a great deal of computational effort
is required for a solution. Indeed, a poor initial structure
can lead to an unstable iteration and no solution. A starting
solution preprocessor that would decrease the labor involved -

in generating an initial structure and reduce the iterations
necessary for convergence would produce significant cost
savings.

Analytical Methods, Inc. has developed such a wake pre-
processor for VSAERO. This preprocessor, VORSEP (28), (43),
needs very little additional input above that required for
VSAERO, and, for less computation effort than one wake itera-
tion, produces an excellent starting solution for the three-
dimensional code. In addition, VORSEP is applicable to very
general configurations.
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3.4.2 Theory

VORSEP is an unsteady potential flow code accurate for two-
dimensional bodies with separation. It is also applicable to
steady, three-dimensional, separated flow under the unsteady
cross-flow analogy. In this analogy, Figure 3.4.1, the fluid
motion in a plane perpendicular to the x-axis is assumed to be
two-dimensional. Variations from one cross-flow plane to the
next proceed as if the x-coordinate were time-like in nature.
This two-dimensional cross-flow assumption is commonly used
for the roll-up of vortices behind a wing (44), (45). In the
case of attached flow, the theory has been used by Munk (46)
and Tsien (47) for the lift of an elongated body of revolution
and by Jones (48) for the flow around low aspect ratio wings.
VORSEP, under this contract, has been adapted to handle all
three cases, a wake without a body, a body without a wake, and
bodies with separation.

A complete description of the panel method is presented in
(29). Only a brief outline of the panel boundary condition
equation is presented here.

The panel method in the VORSEP code is based on doublet and
source singularities distributed on flat panels representing
the section surface. The doublet distribution is continued
onto the free sheet. At each time step the boundary condition

* of zero t.otal velocity potential is applied on the inside of
the section at a control point (mid) on each panel. With this
formulation the total tangential velocity on the exterior
(wetted) surface is the doublet gradient and the source value
there is proportional to (1/27), the total normal velocity.
In the present case the source distribution represents the
normal component of the "growth" rate, and since the latter is
ust a function of the geometry, the source distribution can
e evaluated at each section. The boundary condition equa-

tion, therefore, has the following form:
N

-AJk k/ 2 r + Fj =0
k=1

where

N is the number of surface panels;

Ajk is the potential influence coefficient on the 3th
control point due to unit doublet distribution on the

kth panel. (Note: for the panel acting on its own
control point, A.. - -);

JJ
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th
lk is the surface panel (k ) doublet value (unknown); and

M N

Fj 0*j + =Ajk wk/21T + E Bjk 'k/ 21T
I i ~k=l .e

where
.th

0" iis the onset flow potential at the j control point;

M is the number of free-sheet panels at this time step; S

Pwk is the free-sheet panel (kth) doublet value (known);

Bjk is the potential influence coefficient on the jth control
point due to a unit source distribution on the kth panel;
and

a k is the surface panel (kth) source value.

3.4.3 Wake Model

* The choice of a wake model for computing the roll-up of a .
vortex sheet has three objectives. One is to neutralize the
inherent instability often encountered by an arbitrary, in-
finitely thin shear layer (see Moore (49)). This mathematical
instability produces a chaotic motion regardless of the detail
of the wake structure. Judicious modifications to the model,
such as minimum vortex spacing (or panel size for higher- S
order methods (50)), and viscous core vortices (51) can dampen
the instability to an acceptable level. The second objective
is to suppress small-scale structures that have no significant
effect on the flow but require extensive computational effort.
An example of this is the modeling of the core of a wing tip
vortex. The infinite-spiral vortex sheet can be modelled to
the limit allowed by the particular computer but a point is
very quickly reached where viscous effects dominate in the
real flow, making the idealized structure only of academic
interest. Vortex amalgamation is a well known technique for
eliminating small-scale structures. The final reason for
selecting a wake model is economy. This is especially impor- .0
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tant to VORSEP, which is intended to be a less expensive means
of calculating a wake shape than three-dimensional wake re-

5 laxation in VSAERO. Some accuracy can be sacrificed for
economy because the accuracy of the two-dimensional calcula-
tion is a moot question once the shape has been changed by

* VSAERO, and because wake roll-up, especially over a solid
* surface, is a three-dimensional process that can only be

approximated by unsteady, two-dimensional calculations.

The fact that VORSEP is linked to VSAERO also bears on the
first two points. Whether a wake model is ultimately unstable
may be of little consequence to VORSEP if the instability
affects only the wake structure far from the body. This
determines what is an acceptable level for the instability.
The three-dimensional model used in VSAERO is also limited in
the amount of detail which can be included in the body and
wake geometry, a limit that is far below the specifics VORSEP
can generate. Therefore, it makes little sense for VORSEP to
faithfully model the spiral shape of a wake produced by a
strake or snag and then replace that spiral with a single
vortex in the three-dimensional model.

The wake model developed for VORSEP is quite similar to
that in the Free Vortex Sheet computer code. As seen in
Figure 3.4.2, it consists of a free vortex sheet, modelled by
doublet panels, and a vortex core which is an amalgamation of
all the free vorticity that has passed a user-controlled merge
angle. A feeding sheet connects the free vortex sheet and the
core. At each time step the free vorticity is distributed at
evenly spaced intervals over the free sheet. This redistribu-
tion, similar to that of Fink and Soh (45), stabilizes the
motion of the wake. As a result, no stability problems have

I,.appeared in the time spans necessary to reach the trailing
edge. Indeed, calculations have also proceeded beyond the
trailing edge of several wings.

The increased circulation shed onto the wake is determined
by the condition

2

dsep /dt = Ys

where Ys is the surface velocity at the separation point.
This follows the work of Clements (52).

Although, at this time, the wake model assumes there is
only one core, multiple vortex cores can be modelled if they
are in separate wakes. VORSEP has the capacity to include up
to four wakes simultaneously. Expansion of the wake model to
allow multiple cores is expected soon.
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3.4.4 Streamline Tracker

VORSEP redistributes the free vorticity to stabilize the
calculation of wake motion. This complements the capability
of paneling the body at each time step according to the in-
stantaneous needs required by body and wake geometry. How-
ever, the redistribution destroys any connection between an
individual vortex (the edge of a wake panel) and the position
of a particle attached to the wake. The path of such a par-
ticle will be a streamline in the three-dimensional flow; in
particular, it is the trajectory of a continuous wake vortex.

To track the trajectory of a streamline, it is conceivable
to release imaginary particles from the desired starting
points and follow their positions in space. It is preferable
to use the velocities at nearby wake vortices instead of
calculating the velocities at the particles because velocity
calculations are expensive, and, since the particles are dis-
persed arbitrarily among the wake vortices, their velocities
cannot be calculated accurately by direct application of the
Biot-Savart law.

A method which avoids expensive velocity calculations and
also obviates storing the position of imaginary particles
was developed for VORSEP. This method uses the invariance of
the doublet strength along a wake streamline to track the
streamline trajectory. Referring to Figure 3.4.3, we see the -
vortex sheet shapes produced by VORSEP at four time steps over
the tip of a swept wing. For each vortex sheet we can plot
the value of the doublet strength of the sheet against the arc
length, starting at the separation point, as in Figure 3.4.4.
If the vorticity shed into the wake has always been of the
same sign, the doublet strength will decrease monotonically
from its value at the separation point to zero at the end of
the wake sheet. The doublet strength at the separation point
also grows monotonically with each time step.

To find the corresponding positions (S2, S3) at two time
steps (t2, t3) on a streamline it is only necessary to find
the points with equal doublet strength. This doublet strength
is the same at every time step and is the doublet strength at
the separation point at the time the particle left the body.
To begin tracking a streamline, VORSEP requires only the
station at which the streamline originates. When that station
is passed, VORSEP interpolates between the time steps which
bracket the starting station for the doublet strength at the
separation point. This is stored and the corresponding point
at each succeeding time step is readily interpolated from the
known doublet strength distribution on the wake.
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The doublet strength does not always vary monotonically
along the arc of the wake. In such a case, the position of a
particle as a function of the doublet strength becomes multi-
valued for some doublet values. This can lead to more than
one point from which to choose. The solution to this problem
is to remember which wake panel the particle was on in the

- previous time step and select the point closest to that panel.

* For the wakes considered so far, this has proven a reliableand economical means of generating three-dimensional stream-
line trajectories.
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4.0 NUMERICAL PROCEDURE

The coupling of the potential flow method, the surface
streamline and boundary layer codes is outlined in Figure 4.1.
The first step is to define the surface of the configuration
relative to a body-fixed coordinate axis system, Figure 4.2.
The x-axis is normally taken downstream with z upwards and y
spanwise. The z-x plane is regarded as a plane of symmetry in
unyawed flight. P

The complete surface of the wing, including the tip-edge
surface is represented by a number of flat quadrilateral
panels over each of which the doublet and source distributions
are assumed constant. The surfaces, SEW, are also represented
by flat quadrilateral panels but with linear doublet d~stribu-
tion in the streamwise direction. The geometry of SEw is
prescribed initially.

Using this model the boundary condition, Eqn. 3.1.8, is
satisfied simultaneously at a control point under each of the
surface panels on the wing. If there are N panels on the
wing, then we have N simultaneous equations in N unknown
doublet (i.e., perturbation velocity potential) values.

Following the solution of the surface doublet distribution,
the surface perturbation velocity vectors are obtained from
the gradient of the potential using a second-order approxima- p
tion through three panel doublet values in two directions.
Forces and moments are obtained by pressure integration.
Pressures in the separated zone are corrected for the total
pressure jump:

Cp = 1 - (VwlV)' + AHlq.

where qo is the free-stream dynamic head and H is obtained
from Eqn. 3.1.12. This is applied for each spanwise station
in the separated zone.

Following a doublet solution, velocities, V(s), are com-
puted along wake lines on surface, SEW, and segments of those
lines are aligned with the local flow direction using an
Euler-Gauss scheme. When the new wake configuration has been
formed, the matrix of influence coefficients is modified and a
new doublet solution obtained and so on in the wake shape
iteration loop, Figure 4.2.

When the wake shape has converged a set of inviscid surface
streamlines (i.e., external to the boundary layer) may be
computed (Section 3.2). We can then proceed through the
viscous/potential iteration loop. One of two integral
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boundary layer options (Section 3.3) may be used. The in-
finite swept wing procedure is performed on a column by column
basis and does not require the surface streamline calculation. 0
For the streamline boundary layer calculation, an adequate
family of surface streamlines must have been calculated. The
boundary layer routines return the boundary layer displacement
effect and also the location of separation points. The pro-
gram redistributes the displacement effect terms so that each

p panel has the term evaluated at its control point. The locus 0
of separation points defines the separation line or lines.
For a single separation zone on a simple wing it is feasible
to automatically couple a new wake geometry routine to start a
new solution in the viscous/inviscid iteration. However, if
the separation zone divides into two or more regions from one
viscous/potential iteration to the next, then a very sophisti- S
cated scheme is required to identify this change and to
generate a new multiple wake configuration. Such a scheme has
not been attempted. Rather, for this research investigation,
the separation points have been examined following a number of
viscous/inviscid iterations with fixed separation line. Then
the calculations are restarted with a new wake configuration 0
based on the computed separation line. With present day
editing facilities and file management on computers, this
approach is not unreasonable and is certainly safer for the
general case.

Most of the calculations have used approximate separation S
lines passing along panel edges. For many applications this
approach is satisfactory; however, in the general case with
strong vortical flow structures, this approach leads to a very
rough treatment of the separation line. An arbitrary geometry
separation line procedure has, therefore, been developed which
has as input a string of separation points approximately lying p
on the surface of the wing. The program follows this string
identifying separation panels and setting the local wake shed-
ding parameters. The string of separation points can be taken
directly from the boundary layer routine output, provided
those calculations have followed a logical sequence.

L .
When the iterative loops have been completed the final

analysis is performed for surface pressures and integrated
force and moment. Finally, off-body velocity surveys may be
performed to generate details of the flow field including the
separated flow region, W, Figure 4.1.
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5.0 CALCULATIONS

5.1 Rasic Test Cases

The method was applied to a number of basic test cases
for the purpose of testing the coupling of the various
routines and for validating the calculation procedure up to
the onset of separation. Results from three of these cases
are discussed below. 0

Figure 5.1.1 shows the chordwise pressure distribution at
n i 0.549 on a thin swept wing at 50 incidence. The wing had
a mid-chord sweep of 300, aspect ratio 6, taper ratio 1/3, and
a NACA 0012 section. The datum solution (53) for the case is
by Roberts' third-order method using a 39 (chordwise) by 13
(spanwise) set of panels. The present calculations were run
using 10 spanwise and 80 and 20 chordwise panels on a "cosine"
spacing, giving increased panel density towards leading and
trailing edges. Roberts' datum paneling is heavily weighted
towards the leading edge; there are, in fact, four panels
ahead of the most forward panels in the 80 cosine spacing
case.

It is interesting to observe that where the control point
density is the same, the Irw- and high-order solutions are
essentially the same. The present calculations using 20
panels deviate from the datum solution near the leading and
trailing edges where the control point densities are dif-
ferent. Good agreement is restored in those regions by the
80-panel case, which, at the trailing edge at least, has a

1 similar panel density to the datum case. (Note: Not all the
80-panel pressure values are plotted in the central region of
the chord.)

Wing with Strake

The fact that surface velocities are obtained by numerical
differentiation in the present method might lead to inac-
curacies in awkward situations. One situation that could be
difficult and which has caused a problem for other methods is
the evaluation of the spanwise velocity component, Vy, in the
neighborhood of the kink on a wing with strake. In the case
considered in (53), the leading-edge kink occurs at 25% of the
semispan and the leading-edge sweep is 750 inboard and 35
outboard. The trailing-edge sweep is 90. Again the wing
section is a NACA 0002 and incidence is 50.
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The chordwise distribution if Vy is plotted in Figure 5.1.2
at stations n - 0.219 and 0.280; i.e., just inboard and just
outboard of the kink, respectively.

Two higher-order datum solutions are plotted (53) from
*Roberts' third-order method and from Johnson and Rubbert's

second-order method. These datum solutions agree on the out-
board distribution but disagree by a small amount on the

- inboard cut. The disagreement might be caused by the dif- •
ferent ways the interpolation is set up across the kink; i.e.,
this could be a case of the higher-order assumption
Oflavoringm the solution.

The present calculations are in close agreement with the
datum solutions and favor the second-order solution near the 0

leading part of the inboard cut. The case was run as part of
a "shakedown" exercise of the code and used 946 panels in a 44
(chordwise) by 20 (spanwise) array with 66 panels on the tip-
edge surface. The chordwise paneling was on a "sine" distri-
bution with density increasing towards the leading edge. Such S

a high number of panels was probably not needed for this case,
but the calculation took less than 10 minutes on a CDC Cyber
175 (approximately 2.5 minutes on a CDC 7600).

The third case involves a complete pass through the
viscous/inviscid iteration loop. The wing tested by Kolbe and
Boltz (54) is examined at a = 80 and a Reynolds number of 4 x
10 6 The wing has 45 leading-edge sweep, aspect ratio 3 and
taper ratio 0.5. Figure 5.1.3 shows very good agreement
between the calculated and experimental spanwise lift distri-
bution. The initial inviscid solution is also plotted for
comparison. The viscous solution is after the second itera-
tion. Details of the corresponding chordwise pressure distri-
butions are shown in Figure 5.1.4 at three spanwise stations.
Again, the agreement between the calculated and experimental
distribution is very close.

-- 5.2 Separated Flow Cases

The next series of test cases involves conditions with
separation. The first of these cases investigated the calcu-
lation of separation boundaries on a rectangular wing of
aspect ratio 4. The wing section is NACA 0012. Angles of
attack of 40, 80, 120 and 160 were analyzed. In each case, a
family of surface streamlines (e.g., as shown in Figure 5.2.1
was calculated. Separation points calculated by the boundary
layer routine were then superimposed on the calculated stream-
lines to indicate the locus of separation. Figure 5.2.2 shows

*the extent of tip-edge separation as a function of angle of
attack and two Reynolds numbers. The results represent the
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conditions for the first viscous/potential flow iteration
cycle.

Figure 5.2.3 shows the plan view of the calculated separa-
tion boundaries for a range of angles of attack. Both tip-
edge separation and separation boundaries over the inner part
of the wing are indicated. Figure 5.2.3(a) shows the
boundaries for a Reynolds number of 1.28 106 and Figure

p 5.2.3(b) is for a Reynolds number of 6x10 . At the lower
Reynolds number, some laminar separation with no reattachment
is indicated at 180 in the inboard region. At the higher
Reynolds number, the extent of separation is considerably
lower. It should be emphasized that the calculated separation
boundaries in Figure 5.2.3 are for the initial solution only
and would be expected to change when the separated vortex
sheets are modelled in the analysis.

It is interesting to compare the shape of these calculated
separation boundaries with experimental observations. Figure
5.2.4, taken from (7), is a sketch of the separated flow field ..
of a rectangular wing. The calculated and experimental sepa-
ration patterns are in remarkably close qualitative agreement.

An interesting feature of the separation boundaries (Figure
5.2.3) is that the inboard and tip-edge separation form two
distinct zones even before the separated vortex sheets are
modelled. A family of streamlines proceeding from the
attachment line near the tip leading edge proceed over the
upper surface and reach the trailing edge without separating
and form a distinct attached flow zone between the inboard and
tip-edge separation.

U In Figure 5.2.5 three of these "attached* streamlines have 0
*been examined and show distinctly different characteristics.

Streamline "A", staring just inboard of the tip on the lower
surface, proceeds forward around the leading edge and then
inboard over the upper surface. Streamline "B" starts at a
point just outboard of "A" but "sneaks" around the tip edge
onto the upper surface. Streamline "C" is predominantly a .
lower-surface streamline starting near "A"; however, it even-
tually passes around the tip edge and then proceeds over the
upper surface to the trailing edge. The Cp history is plotted
as a function of distance along the streamlines in Figure
5.2.5. Streamline "A" suffers a high suction peak during its
passage over the leading edge and then negotiates a strong
adverse pressure gradient over the upper surface. Streamline
"B" passes through a mild suction peak on the tip edge and
only a moderate adverse pressure gradient on the upper sur-
face. Streamline "C" has a long favorable pressure gradient
until it has passed around the tip edge.
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Streamlines inboard of "A" have to negotiate higher
leading-edge suction peaks and eventually define the inboardI separation zone. Streamlines outboard of OC see their suc- S
tion peak occurring later along their length, but the peak
value rises sharply at stations nearer the trailing edge and
this leads to the tip-edge separation zone.

Clearly, the pattern of separation boundaries is very
M dependent on the section and planform shapes and also on the 0

tip-edge profile. The latter, in particular, stronqly influ-
ences the tip-edge separation and, hence, the formation of the
tip-edge vortex. The VSAERO program is now capable of loca-
ting separation boundaries on any tip-edge shape (planform or
section profile) and could clearly be applied to a more funda-
mental investigation of tip-edge vortex formation. Knowledge
of the pressure histories and boundary layer characteristics
could be used as a guide to suggest changes in tip geometry to
control the edge vortex characteristics.

A number of calculations were performed for a 300 swept
untapered wing. The wing has a twist of 4 , tip nose-down
about the half-chord line, and a NACA 0012-64 section. The
wing tip is a half-body of revolution based on the NACA sec-
tion shape. The wing was extensively tested at the National
Aerospace Laboratory (NLR) in Amsterdam (55).

* Figure 5.2.6 compares calculated and measured pressures p
around the tip surface at a local x/c station of .72. (The
experimental values were interpolated at the calculation sta-
tion). The calculation includes the effect of tip-edge vortex
separation after three wake-shape iteration cycles. The com-
parison in the pressure distribution is remarkably good except

* that the calculation underpredicts the suction level on the P
top surface under the tip vortex. Although the calculation
has produced a reversal in the spanwise flow--outboard here
under the vortex--the magnitude of this cross flow is probably
underpredicted at this time. One possible reason is that the
wake panels in this tip-edge roll-up are extremely skewed and

-- so the flat projected panel model is certainly leaving large S
gaps in the effective surface for which the influence coeffi-
cients are evaluated. This will certainly have an effect on
the doublet solution on the local surface panels under the
vortex roll-up.

Figure 5.2.7 compares the calculated chordwise pressure S
distribution against experimental measurement at a section
approximately one chord length outboard of the plane of sym-
metry for an angle of attack of 160. A detailed comparison
between calculated pressure distribution on the wing and
experimentally measured values at various spanwise sections is
presented in Figure 5.2.8. The separation of flow from the
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* XPERIMENT (REF.55)

PRESENT CALCULATIONS:
WAK iTRATONOUTWARD NORMAL, NEGATIVE C

Figure 5.2.6. spanwise Pressure Distribution calculated Near the
Tic of a Swept Wiriq with Prescribed Edcze Separation. k
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wing surface as calculated by the boundary layer procedure
along the streamlines is shown in Figure 5.2.9, while the
experimentally photographed oil patterns are reproduced from
(55) in Figure 5.2.10. Experiment shows a slightly more
extensive separation. The separation predicted by the calcu-
lation uses a wake attached to the trailing edge, whereas the
actual wake emanates from the separation line. Past experi-
ence as reported in (4) indicates that the separation line

* tends to move forward as the iteration proceeds. The present
calculation, being the first iteration in wake positioning the
prediction of less extensive separation, is correct.

Vector plots of the off-body velocity calculation in planes
normal to the free stream flow direction are presented in
Figure 5.2.11(a) through (c) at three-x-locations downstream 0
of the wing. The inboard movement of the tip vortex with
distance downstream is obvious from the figure. Experimental-
ly measured sidewash (velocity in the y-direction) is compared
against the calculation in Figure 5.2.12. The x-location of
the scan is 20% of the chord downstream of the wing tip while
the y-location is about 3% of the chord inboard of the tip.
The agreement is very good except for the peak velocity value.
The calculated value depends on the applied core model. In
this calculation, a Rankine core of radius 2.5% of d was
applied to remove the infinite velocity of the potential
vortex.

A basic challenge for separated flow modeling is provided
by the sphere. Calculations of surface streamlines over the
surface of a sphere were examined in Section 3.2. We now
continue that calculation through a viscid/inviscid iteration
cycle at a Reynolds number of 4.25 x 106 based on diameter.
Figure 5.2.13 shows the prescribed wake geometry, separation
line and external surface streamlines for the calculation.
The separation is at 1320 in the experiment. Manually step-
ping the program for a separation just ahead and just behind
this location has analytically confirmed this position within
one panel dimension. The calculated pressure distribution is
compared with experimental data (56) in Figure 5.2.14. Two p
ordinate scales are included in this figure--one for the
coefficient of pressure and another for the corresponding body
geometry outline. It is seen that the boundary layer source
distribution (i.e., the difference between the first and
second iteration) fills and smooths the dimple in the pressure
field of the first iteration such that the calculated pressure a
is continuous through the separation region. Further, the
computed and experimental pressures agree quite favorably even
in the separated zone. In addition, the computed drag coeffi-
cient (integrated skin friction drag not included) based on
frontal area is .06, while that measured was .085.
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Q Z5 LOCATION OF COMIPUTED SEPARATION)

Calculated Streamlines and Se-
Figure 5.2.13. parated Flow Wake on a Sphere

for Re -4.28 x 105.

4.0 0

Comparison of Calculated andFigure 5.2.14. Experimental Pressure Distri-
butions on a Sphere at Re-
4.25 x 105.
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The sphere case is also a useful case to test the arbitrary
separation line procedure. The program was first run with a
prescribed separation line at 8 = 1260. the paneling was then
rotated through 150, Figure 5.2.15, leaving the separation
line fixed in space. The arbitrary separation line routine
then identified the new set of separation panels and an ap-
proximation to the previous separation line by projecting it
onto the "new" surface, Figure 5.2.16. While the new solution
gave good agreement with the previous solution in the attached
flow zone, the pressures in the base region showed some sensi-
tivity to the relative location of the separation boundary and
the next panel upstream. While the average base pressure
agrees with the earlier solution, there is some variation in
local values. This sensitivity would be expected to decrease
with a higher panel density.

The separated flow model was tested on a 100 swept wing at
210 incidence. The constant chord wing had an aspect ratio of
3. The number of panels representing the wing was 260,

- arranged in a 40 (chordwise) by 5 (spanwise) array on the main
surface and a 3 x 20 array on the tip surface. The latter was

" a half-body of revolution based on the NACA 0012 profile of
the wing. Calculations were performed using a prescribed
separation line corresponding to experimental measurements
(57); the x-location of this line was approximately .06 of the
chord back from the leading edge. For these calculations,
region W of the wake (Figure 3.1.1 ) extended about 5 chord
lengths beyond the trailing edge. (Preliminary calculations

* had confirmed earlier findings (2) that unlike the two-dimen-
sional case (4), the solution in the three dimensions is
relatively insensitive to the length of the vortex sheet

* modeling the shear layer.) In the present calculations, 18
panels were used to represent the linear doublet distribution
on each streamwise strip of wake panels. The wake geometry
was prescribed, leaving the surface at approximately /2,
based on earlier experience (4), (5). The wake was shed
continuously along the upper surface separation line to the
tip, down the tip edge to the trailing edge and back along the
lower side of the trailing edge.

Figure 5.2.17 shows calculated pressure distributions com-
pared with experimental measurements (57) at two spanwise
stations, n - .6 and .9 of the semispan approximately. The
calculations include the case of fully attached as well as
separated flows and indicate the large influence of the sepa-
rated flow model. (Note that the attached flow pressures at
the n - .9 station are perhaps shifted too much in the nega-
tive direction over the downstream half of the chord. This is
because this station is at the last column of panels before

L the tip edge and so the spanwise acceleration of the flow as -.
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Figure 5.2.17. Concluded.
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it passes around the tip surface (see Figure 5.2.6) is calcu-
lated prematurely. This problem is less severe for the sepa-
rated flow case because of the influence of the tip-edge
separation model. In any event, more columns of panels would
normally be used in the tip region.

The results from the separated flow model compare very
favorably with the experimental data. In particular, the
pressure in the separated region is in very good agreement and
should lead to a good prediction of the drag force. Differ-
ences in the peak suction area may be caused by incorrect
location of the separation line; i.e., a small forward move-
ment at the inboard station and a small rearward movement at
the outboard station would improve the predictions.

It is clear from the experimental results in Figure 5.2.17
that the separation was unsteady and it is interesting to
observe that some of the apparently nbad" values are, in fact,
very close to the attached flow calculation. This is particu-
larly so at the n = .6 station.

The computation time for the separated flow case was 96
seconds of CDC Cyber 175 time, which is approximately equiva-
lent to 24 seconds on the CDC 7600. It should be emphasized,
however, that this calculation represents just the first pass
through a complete solution. Even so, such a computation time .
is a good basis for practical computing costs for a complete
iterative procedure.

Finally, the Kolbe and Boltz (54) wing considered earlier
for the basic viscous/inviscid calculation was examined over a
range of angles of attack including modeling of the predicted e
separation flow zones. Figure 5.2.18 shows a family of calcu-lated (external) streamlines at a = 240, Reynolds No. 8 x 106,
and Mach number .25. The upper and lower streamlines indicate
the location of the attachment line. The lower surface
streamlines then sweep outboard while the upper surface set
pass outboard and around the leading edge. Separation is
predicted just downstream of the leading edge. The predicted
CL - a curve is compared with the experimental measurement in
Figure 5.2.19. the comparison is very favorable; however,
further correlation studies should be pursued for this set of
data. In particular, the data includes the effect of Reynolds
number on the extent of leading-edge vortex formation which
was not included in this initial correlation study.
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(a) GenerAl View (d) Soanwise Cut throuta.h th~e Doublet flistrihu-
tion at x/c .25

I

UI '10

(b) Side View 0.0 05S I-* is 2.0 aS

K/C= .25

7 . - - -7

.0J 9 **-i -

A- C~c) Too View xc.0

(e) Spaviise Cuts through the Vy Distrbution
at K/c = .25 and .004

Figure 5.3.1. Calculations of a Vortex/Wing Encounter.
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5.3 Vortex/Surface Interaction

The vortical flow regions that exist near a vehicle genera- 0
ting lift have varying degrees of non-linear interaction with
the vehicle's surface, depending on the form of the configura-
tion. Through their effects on the integrated forces and

*moments, these vortical flows can strongly influence the per-
formance and stability characteristics of a vehicle. For the
most part, predicting the aerodynamic characteristics of 0
modern high-performance vehicles requires the non-linear
effects of vortical flows to be included in the modeling
(e.g., see reviews in (58) and (59)).

Earlier calculations of vortex/wing interaction considered
a straight onset vortex passing over a wing (e.g., (60), (61)
and (62)). Patel and Hancock (61) warned of the need to
complement such calculations with experimental work since the
non-linear aspects of modifying the wing boundary layer and
the effect of the wing on the path of the vortex were not
included. The present investigation includes these aspects
in the computation. Several exploratory calculations have A
been performed on the basic problem of a wing in the presence
of an oncoming vortex wake; these calculations are of the
nature of numerical experiments whose man purpose is to
explore the behavior of the program. In the case discussed
here, a tip vortex from an upstream wing passes close to the
upper surface of a downstream wing. A general view of the
configuration and vortex wake is shown in Figure 5.3.1(a)
after three wake shape iterations and one viscous/potential
iteration. The initial wake consisted of a set of streamwise
wake lines, some of which intersected the downstream wing.
The oncoming vortex system--which passes over the downstream

* wing at about mid-semispan--is generated by a vertical flat
plate set at 20 (horizontal) angle of attack. The plate has
an aspect ratio of 2.0 and a chord of .5. The tip edges are
raked back at 50. The horizontal wing has an aspect ratio of
4.0, a chord of 1.0 and a NACA 0012 section. The wing leading
edge is placed at one wing chord length downstream of the
plate trailing edge. The vertical plate if represented by a 3
x 12 panel array; the wing has a 24 x 20 array of panels on -
the main wing surface and a 3 x 12 array on the half-round
tip. The complete configuration shown in Figure 5.3.1 was run
with a vertical plane of symmetry at y = 0 and a (vertical)
angle of attack of 150.

The side view of the configuration (Figure 5.3.1(b)) after

the wake shape calculations shows different roll-up charac-
teristics on the two tip vortices from the plane, which is
effectively at 150 of 'yaw" due to the general onset flow.
The lower vortex roll-up and trajectory are clearly influenced
by the presence of the wing. The general view, Figure
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5.3.1(a), and the top view, Figure 5.3.1(b) show evidence of a
secondary vortex roll-up in the wing wake occurring just
outboard of the oncoming vortex location. This secondary
vortex contains "negative" circulation induced on the wing by
the oncoming vortex. The build-up towards this secondary
shedding is very evident in spanwise cuts through the surface
doublet (i.e., velocity potential) distribution; e.g., Figure
5.3.1(d) shows a cut at x/c - .25. The effect is clearly
predominant on the upper surface where we can see the reversed

* doublet gradient in the vicinity of the passing vortex: the
lower-surface doublet distribution has negligible local dis-
turbance due to the vortex. It is encouraging to see such
remarkably good behavior of the doublet solution especially in
the vicinity of the vortex and also around the tip edge where
the paneling was left very sparse.

The spanwise distribution of Vy, derived from the doublet
distribution in Figure 5.3.1(d), is given in Figure 5.3.1(e)
for the station x/c - .25. The positive peak in Vy on the
upper surface at y - 1.05 stands out in contrast to the almost
monotonic behavior of the lower surface Vy distribution. The
latter gradually builds up in the positive spanwise sense,
finally speeding up to go around the tip edge then back again
(negative) on the outboard upper surface. This characteristic
shows a marked rapid change in comparison with the Vy spanwise
distribution near the leading edge at x/c = .004, Figure
5.3.1(e). At this station the oncoming vortex induces essen-

* tially the same (positive) spanwise flow on both upper and
lower lines. Also, the differential flow pattern between
upper and lower surfaces around the tip edge has not had a
chance to develop at this station. The corresponding spanwise
cut through the pressure distribution, Figure 5.3.1(f), shows
the characteristic Oupwash/downwash" effect on either side of

* the initial vortex encounter; this increases the suction peak .
on one side and suppresses it on the other. This interaction
is accompanied by a differential movement of the stagnation
line (or attachment line) on the lower surface as we pass
through the vortex location. Further downstream the distur-
bance in the pressure distribution is primarily related to the
positive peak in Vy on the upper surface (Figure 5.3.1(e) for
x/c = .15). The presence of this positive Vy region in what
would have been a monotonic negative Vy distribution in the
absence of the vortex causes two points of zero Vy to occur at
stations y - 1.3 and .72. The latter is a point near a line
of streamline djegencl ; i.e., an attachment line associated
with flow coming over the top of the vortex, impinging on the
wing and dividing to go either inboard, or outboard back under
the vortex. The outboard zero Vy station is a point near a
line of streamline convergence; i.e., a line of flow departure
from the surface. It is interesting to observe that this
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station essentially coincides with the location of the
secondary vortex observed in Figure 5.3.1.

The convergent/divergent characteristics of the local
streamlines is confirmed in Figure 5.3.1(g). This shows the
path of several calculated (external) upper-surface stream-
lines in the vicinity of the vortex. Boundary layer calcula-
tions (see later) performed along these streamlines indicate a
zone of separation towards the wing trailing edge and just
outboard of the vortex track.

Finally, a vertical cut through the field velocities calcu-
lated just behind the wing trailing edge at station x/c - 1.3
(Figure 5.3.1(h)) shows the strong interaction vortex flows of
this configuration. The wing tip vortex and the velocity
shear associated with the wing wake are very evident on the
right of the figure. Comparing the locations of the two
vortices from the vertical, upstream plate, the lower vortex
has clearly tracked outboard due to its encounter with the
wing. The flow field survey was taken between spanwise sta-

r tions y - .3 to 2.4 (the wing semispan is 2.0).

The entire calculation described above took 430 CP seconds
on a Cyber 176 computer. It involved 550 surface panels and
400 wake panels on one side of the assumed vertical plane of
symmetry. Three wake shape iterations were performed with one

* viscous/potential iteration (i.e., a total of 4 potential flow
solutions for surface velocity and pressures). Sixteen sur-
face streamlines were calculated for the boundary layer analy-
sis, and finally, 600 off-body points were analyzed in the
cross-flow velocity survey.

The main purpose of the above calculation was to explore
Uthe behavior of the program applied to this type of problem.

Following the encouraging results obtained in this and other
similar calculations, correlations (63) with data from a water
tunnol experiment (64) were performed.

The general layout of the model used in the water tunnel
experiment is shown in Figure 5.3.2. Basically, a vertical
wing with a NACA 0015 section set at 100 to the onset flow is
placed ahead of a horizontal wing with a NACA 0012 section.
The tip of the forward wing is level with the quarter-chord
line of the aft wing. The forward wing has a chord of 2
inches and the aft wing, 4 inches. The distance between the
two quarter-chord lines is 8 inches. The quarter-chord lines
form the pivot axes for the two wings. For the calculations,
the rear wing is considered at three setting angles, 80, 120 ,
and 160. The rear wing is mounted between the water tunnel
walls, with the tunnel 8.4 inches wide and 12 inches deep.

92

S



I- S

The Reynolds number of the flow based on the aft wing chord is

125,000.

• S For the present calculations, the tunnel surfaces are not
panelled; instead, pseudo two-dimensional conditions are rep-
resented for the aft wing by extending its wing tips, giving
an aspect ratio of about 8. The forward wing has been given a
span of 12 inches so that its center section coincides with
the tunnel roof location; it has 8 panels around the chord, 9

* panels vertically and a 3 x 4 panel array closing the bottom S

tip edge. Panel size distributions are weighted towards the
leading edge and towards the bottom tip edge using equal angle
increments in a simple cosine formula.

The rear wing is panelled in three parts: the two parts
outside the tunnel wall location each have 16 panels chordwise
and 3 panels spanwise. The wing "insidew the tunnel has 32
panels chordwise with density increasing towards the leading
edge. The spanwise panel arrangement has a central zone with
12 columns equally spaced and two outer zones of 3 panel

9 columns increasing in size away from the wing center. This
central piece of the wing--which corresponds with the actual
wing in the experiment--was declared a separate component in
the present program in order to obtain the force and moment
acting on it for comparison with the experimental data.

The calculations start with the wake lines proceeding
* straight back parallel to the onset flow, Figure 5.3.3. This

figure also shows the location of the wake-grid planes. The
figure does not show the downstream part of the wake where the
wake-grid planes are located at ever widening intervals.
Notice that in the starting condition shown in Figure 5.3.3,m the vortex lines actually pass through the aft wing. This is
no= a recommended practice in general, but was employed here
as part of the checkout of the behavior of the calculations.
This is considered further in the 12 case below.

ingAlone

Preliminary runs were made with the aft wing alone at 8
120 and 160 angle of attack. the main objective was to make
sure that the flow was essentially parallel at the tunnel wall
location; however, the calculation of the basic flow condition
was also of interest. The calculations included a second pass
through the viscous/potential iteration cycle bringing in the
effect of boundary layer displacement but not modeling separa- S
tion at this time. The calculated flow conditions (upper
surface) are summarized below.

9
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i) 8*:- Laminar separation with turbulent reattachment
occurred near the leading edge and the turbulent
boundary layer remained attached back to the
trailing edge.

(ii) 12*: - Again, laminar separation with turbulent reat-
tachment occurred near the leading edge, and
turbulent separation occurred at about 85% of
the chord. Normally, further viscous/potential
flow iterations would be performed for this case
using the separated flow model.

(iii) 16': - Catastrophic laminar separation occurred from
near the leading edge over the full span.

As far as the extent of separation is concerned, the above
results are essentially confirmed by experimental observations
with the forward wing at 0' and using hydrogen bubble flow
visualization. However, force and moment data (64), not shown
here, indicate a significant loss in lift curve slope after
about 8%. Certainly, from past experience with this type of
calculation, modeling the separated flow in the 120 case would
be expected to move the predicted separation forward.

Twg Win"A

With the forward wing in place and set at 100, the calcula-
tions were performed over three wake-shape iterations; i.e.,
three complete potential flow calculations were performed, the
first with the prescribed wake in Figure 5.3.3 and then with
two calculated shapes. (Convergence of the results will be
discussed later under the 120 case.) Surface streamline and
boundary layer calculations were then carried out.

A typical calculation takes about 160 CP seconds on the
CRAY computer and requires 163,000 memory words; this evalula-
tion involves a total of 756 surface panels (i.e., 756 un-
knowns), 33 wake columns with about 400 wake panel, 15 on-body
streamlines--each with a boundary layer calculation--and 450
off-body velocity calculations.

Calculations were performed for aft wing incidences of 80,
120 and 160.

Aft Wing at 80

A general view of the final calculated wake shape for the 80
case is shown in Figure 5.3.4(a); only the Rreal part" of the
aft wing is plotted. Figure 5.3.4(b) shows a side view of
this. The computation of the roll-up of the tip vortex lines
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(a) General view.

Mb Side View and Comparison with
Experimental Vortex Track.

Figure 5.3.4. Final Calculated Wake Configuration for the 80 Case.

* !.i!iI A~ I
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- Figure 5.3.5. Plan View of the Calculated (External) Stream-
lines for the Aft Wing at 80 in Presence of
Vortex.
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is clearly affected by the presence of the aft wing; there is
a vendency for the rate of roll-up to decrease in the accel-
eidtion zone ahead of the wing and then to increase again in
the recovery zone towards the wing trailing edge. This be-
havior is very plausible and merits further investigation in
the future in relation to the implied helix angle in the roll-
up and the connection between this and the onset of vortex
breakdown.

The dotted line in Figure 5.3.4 indicates the locus of
computed centroid of vorticity for the vortex lines involved
directly with the tip roll-up. This locus is in remarkably
good agreement with points representing the path of the vortex
core in the experiment. These points were measured from.the
flow field photograph (64). The small vertical shift in the
vortex path is due to tip-edge separation occurring ahead of
the trailing edge. This tip-edge vortex formation was not
modelled in the present calculation.

After the third wake shape solution, a family of inviscid
r. surface streamlines was calculated on the aft wing and

boundary layer calculations were performed. Figure 5.3.5
shows a plan view of these streamlines, each of which is
stopped at the point of calculated separation. Whereas the
wing-alone case remained fully attached, we now see a region
of turbulent separation on the left side of the wing brought
on by the increased loading on the upwash side of the vortex.
It is difficult to positively confirm this feature from the
flow field photograph at this time. The thickness of the
region highlighted by the bubbles and located beneath the
vortex has certainly thickened slightly relative to the wing-
alone case (64).

* The computed force and moment coefficients for the aft wing o
at 8 0 are compared with experimental measurements in Figure
5.3.6 and show remarkably good agreement.

Aft Wing at 160

L- With the aft wing set at 160, the streamline/boundary layer
calculations--performed after the wake-shape iterations--gave
essentially the same result as for the case with wing alone;
i.e., laminar separation along the entire leading edge, except
in this case there was a small zone just on the downwash side
of the vortex where turbulent reattachment was predicted
(i.e., under the slight alleviation of the leading-edge suc-
tion peaks). However, turbulent separation occurred within 10
to 15% back from the leading edge. Although these tendencies
seem plausible, such flow details have not been obtained from
the experiment at this time.
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The trajectories of the calculated wake lines for the above
case are shown in side view in Figure 5.3.7. The locus of the
calculated vorticity centroid for this initial solution fol-
lows closely the experimental vortex track ahead of the aft
wing. The calculated path shows a slightly larger upswing
just before the leading edge--this is consistent with the
larger level of circulation, see Figure 5.3.6, in the initial
calculation which has attached flow. Due to this additional

1 circulation, the computed vorticity centroid locus is pulled
quickly down over the upper surface of the wing, whereas the
experimental vortex path passes more freely higher above the
surface.

A second calculation was performed in which the predicted
separation zone was enclosed within free vortex sheets.
Initially, there was some conflict between the two wakes as
they were relaxed simultaneously--the initial wake lines from
the front wing (Figure 5.3.3) actually pass inside the rear
separated wake. The calculated wake shape after the third
solution is shown inset in Figure 5.3.7. Another pass should
be performed in this case. A better approach would probably
be to first relax the oncoming wake while holding the aft wing

* wakes rigid, then releasing the latter in the third pass. In
any event, this calculation was not pursued to a complete
convergence at this time. Also, there were indications (see
120 case below) that the vorticity separation model may re-
quire further ingredients for these highly three-dimensional -0
situations were considerable vortex sheet stretching can
occur.

Even though this calculation is incomplete at this stage,
the track of the calculated vorticity centroid shows a

* plausible change relative to the attached flow solution,
showing a smaller upswing ahead of the wing leading edge and
passing more freely above the wing. In fact, the track over
the wing now runs approximately parallel to the experimental
vortex path except it is too low. The reason for the latter
discrepancy is not clear at this stage, especially since the
computed lift coefficient--and also the drag coefficient--are
now in close agreement with the experimental measurements,
Figure 5.3.6. The pitching moment coefficient also is in
reasonably good agreement with the experiment. All three
quantities show quite large changes due to including the
separation model.

Aft Wing at 12.

The convergence of the wake-relaxation iteration was
examined for the 120 case. Figure 5.3.8 compares the computed
wake-line shapes for the second and third wake solutions. The
recovery from the initial "bad" setup (Figure 5.3.3) is
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clearly very rapid for the basic attached flow case. Also,
there is very little change in the geometry between the second
and third wakes. Comparisons of wing pressure distributions
(not shown here) also confirm the convergence of the solution.

The calculated locus of vorticity centroid for the tip
vortex lines is in remarkably good agreement, Figure 5.3.9,
with the track of the experimental vortex. As it passes over
the aft wing, the latter appears to cover a wider zone than
was the case at 80 and 160; real-time observation in the
experiment suggests an unsteadiness in the vortex path rather
than a broader vortical region (64). The calculated vorticity

* locus seems to favor the lower edge of the region--this would
* be consistent with the fully attached assumption of the calcu-

lation and perhaps an intermittent separation in the experi-ment caused by the mutual interaction between the vortex path •
and the extent of separation; i.e., a low vortex path mayinduce separation causing the vortex to move up, at which time
the decreased interaction may allow a reattachment or at least
a reduced extent of separation--and this would bring the
vortex back down again.

The streamline/boundary layer calculations for the 120 case
do, in fact, indicate an interesting situation, Figure 5.3.10.
The calculations predict a catastrophic laminar separation
from the leading edge over the entire upwash side of the5 oncoming vortex; elsewhere, the laminar separation is followed
by turbulent reattachment and eventual separation occurs well 6
back on the supper surface. The present upwash-side separa-
tion is clearly vortex induced.

These calculations, of course, represent the first pass of
*an iterative solution; i.e., the separation has not been

modelled at this stage. Attempts at modeling the part-span
separation have so far met with mixed success. Certainly,
section lift, drag and pitching moment calculated at sections
both on the upwash and on the downwash side of the vortex have
values closely related to the total experimental values; how-
ever, in the region of the predicted edge of the part-span
separation, the interaction between the onset vortex and the
"end" of the separation model are clearly very strong.

Modeling these part-span separations, which involve strong
vortical flow action, clearly requires further development.
Further information on the actual vortical flow pattern in the
experiment, including surface flow visualization and pres-
sures, would be very helpful to any modeling improvements.
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5.4 Leading-Edge Vortex Flows

5.4.1 Delta Wing

When applied to a unit aspect-ratio delta wing at 200 angle
of attack, VORSEP generates the smooth wake spiral shown in
Figure 5.4.1. If we compare the position of the vortex core
to experimental measurement (65), we find that its vertical
position, Figure 5.4.2, is predicted well by VORSEP. For a
conical geometry, VORSEP will show a nearly linear increase in
height with distance downstream; any non-linearity is due to
the amalgamation scheme and initial transients from starting
at a finite distance from the apex. In this case, where the
wing has a biconvex airfoil section, the vortex height tends
to increase more rapidly near the nose, and less so near the
trailing edge. The discrepancy between VORSEP and experiment
at the trailing edge is mainly due to the three-dimensional
quality of the flow in which the core begins to parallel the
free stream as it approaches the trailing edge. In plan view,

k Figure 5.4.3, the predictions are markedly more outboard than .

the experiment. *

Using the aforementioned wake tracking scheme, the trajec-
tories of the wake filaments attached to the leading edge were
constructed and shown in Figure 5.4.4. It should be noted
that all the filaments are well behaved in that they leave the
leading edge at approximately the same angle and wind about
the core evenly. The noticeable kinks in each filament occur
at the grid planes which divide each wake strip into panels.

The pressure distributions obtained from VSAERO are shown
in Figure F.4.5. The upper surface distribution at 30% of

* root chord compares favorably to Smith's (65) conical flow
theory or experiment inboard of the secondary separation line.
The other upper surface pressure peaks are too narrow and

*further outboard than experiment. The lower surface pressures
at 70 and 90% root chord do not approach the upper surface
pressures at the leading edge but behave somewhat like the
pressures found in attached flow.

5.4.2 Swept Wing with Strake

To investigate the utility of VORSEP for a more complex
planform, wake structures were generated over a swept wing
with strake. The wing modelled was used by White et al. in
wind tunnel tests during an investigation of vortex flow
control for high-lift generation (8). The planform is best
described by Figure 5.4.6. Basically, the wing is made of a
sharp-edged strake with 570 leading-edge sweep attached to a
tapered wing with 500 leading-edge sweep. During the experi-

O. ment various devices were attached to the wing including a
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separator plate which changed the rounded leading edge of
configuration 3A into the sharp edge of configuration 6.

At low angles of attack the vorticity shed by the strake
and wing rolls up into two distinct vortex cores. At higher
angles of attack when the vortices are stronger, these two
cores intertwine just downstream of the strake/wing juncture,
forming one vortex core. This behavior is influenced not only
by the angle of attack but also by the leading-edge shape
which affects the amount of vorticity shed into the wake.
Experimental observations at the same angle of attack show
that the vortices over the sharp-edged configuration 6 inter-
twine at much lower angles of attack as shown in Figure 5.4.7.
Also shown is the position of the vortex bursts.

The purpose of this review is to point out the salient
features of the wake over the straked wing. This is important
in considering how VORSEP will model the wake, because, for
the present, each wake model in VORSEP allows for only one
vortex core.

If the wake is modelled with one wake in VORSEP, then the
resulting structure at an angle of attack of 200 is shown in
Figure 5.4.8. The single-wake model has biased the solution
towards combining all the vorticity into one core. The path
of the vortex core is not unlike that seen over configuration
6. The vorticity shed near the trailing edge is higher in
VORSEP, so the core is further outboard than experiment.

If we decide to allow more detail in the wing wake by
modeling it as a second wake in VORSEP, Figure 5.4.9, then the
wake structure appears more like that found on configuration
3A. In fact, it appears remarkably close to the wake found at
a slightly higher angle of attack, 260. If less vorticity had
been shed into the wake, the strake vortex would remain sepa-
rate from the wing vortex.

The second wake structure was chosen to couple VORSEP with
VSAERO. The pressure distributions predicted by VSAERO at 10,
30, 50 and 90% local wing chord are shown in Figures 5.4.9(a)
through 5.4.9(d). At 10% local chord, the predicted pressure
distribution agrees very well with experiment in the position
of the pressure peaks under the strake and wing vortices. The
prediction is markedly higher under the wing vortex. At 30
and 50% chord, the prediction continues to show a separate
pressure peak under the strake vortex as does experiment, but
qualitatively the pressures are too high. Also, the leading-
edge pressures indicate the flow is not leaving the wing
smoothly. At 90% chord, the strake vortex is predicted to
have merged with the wing vortex so no separate peak is pre-
dicted, while a slight peak can be seen in experiment. The
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pressure under the wing vortex is again too high, but else-
where the loading is obviously approaching zero near the
trailing edge and the leading edge. The trailing-edge loading 0
under the wing vortex is high because the trailing vorticity
streams straight back instead of flowing spanwise under the
influence of the leading-edge vortex. This violation of the
Kutta condition has been observed by other researchers. Once
the trailing-edge wake is relaxed this peak should be reduced.

The results are quite encouraging considering this is the
first time VSAERO and VORSEP have been coupled. Qualitatively
they show the presence of two pressure peaks over most of the
body caused by the strake and wing vortices. Quantitatively,
the peaks are consistently high.

To investigate the cause of this the wake circulation as a
function of wing root chord is plotted in Figure 5.4.10. This
is compared to the circulation calculated by VORSEP. It is
apparent that over the strake, where the low-aspect ratio
assumption of VORSEP is observed, VSAERO agrees remarkably
closely with VORSEP. This is true even if the wake in VSAERO S
is from the strake only and attached flow is assumed over the
wing. However, over the main wing the circulation is markedly
higher than that calculated by VORSEP.

Slightly better agreement would be obtained if only the
streamwise circulation in VSAERO were plotted, but the 15%
difference would not substantially decrease the strength of
the wing vortex which, near the strake/wing juncture, is twice
that predicted by VORSEP. Reducing the vorticity (the slope
of the circulation curve) would reduce the wing vortex
strength, and, hence, the pressures under the core, leading to

*better correlation between VSAERO and experiment.
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6.0 CONCLUSIONS AND RECOMMENDATIONS

The flow characteristics of fighter wings at large angles
of attack are undoubtedly very complex. The present investi-
gation has examined modeling techniques for such flows based
on a surface singularity panel method coupled with iterative
routines for wake location, viscous effects and vortex flows.
Applications of the techniques to a number of configurations
having separated flows have shown encouraging results and are
very economical in computing effort. Separations that are
essentially of a two-dimensional nature, i.e., small amounts
of cross flow inside the separated zone, appear to be treated
very well, with good prediction of separated zone pressures.
When the separation becomes highly three-dimensional as in the
case of strong vortex/surface interactions, the procedure has
had mixed success. Further development of the model for the 0
vortical-flow dominated separations is recommended. Experi-
mental data, complete with flow-field information as well as
surface oil flow and pressures, is desirable to help with this
development. Also, the wide range of data on the Kolbe and
Boltz wing should be used for further correlational studies.

The results of Section 5.4 indicate that the unsteady
*: cross-flow program, VORSEP, can reproduce physically realistic

three-dimensional wake structures for use in VSAERO. The
pressure predictions of VSAERO show that the VORSEP wakes
would be suitable starting points for wake relaxation although
a converged wake shape from VSAERO was not obtained. It Is S
therefore recommended that improvements to the wake relaxation
scheme, such as those of Rao and Nathman (67) be incorporated
in VSAERO. Calculations over the straked wing illustrate the
need for a multiple-core wake model to avoid the question of

* how best to represent a continuous separation with multiple
vortices. The extra data required for the VORSEP calculations
is minimal, a sign that savings in labor and computer
resources can be achieved.
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